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Separation Control Using Moving Surface Effects:

A Numerical Simulation

A. A. Hassan*
McDonnell Douglas Helicopter Company, Mesa, Arizona 85205
and
L. N. Sankarf
Georgia Institute of Technology, Atlanta, Georgia 30332

A numerical study is conducted to investigate the effects of forebody boundary-induced vorticity (FBIV) on
the development of the laminar/turbulent boundary layers over modified NACA 0012, NACA 63-218 airfoils
having leading-edge rotation. Here, we utilize an implicit finite-difference procedure to solve the two-dimen-
sional compressible full Reynolds-averaged Navier-Stokes equations on a bedy-fitted curvilinear coordinate
system. For the subcritical and supercritical flows considered, convergence to steady state is expedited through
the use of locally varying time steps. Of specfal interest to the present study is the effect of varying the
leading-edge circumferential speed, and, hence, the strength of the FBIV, on the following: 1) location of the
poini(s) of laminar and/or turbulent separation, 2) the size of the separated flow region above the airfoil, 3) the
strength and location of shock waves, and 4) the computed sectional lift coefficients. Similar to circulation
control airfoils, for subcritical onset flows, numerical results have indicated that with such a leading-edge device,
aerodynamic lift forces can be augmented without the need to change the airfoil’s angle of attack and/or chord
Reynolds number. Qualitative comparisons with smoke wire flow visualization results and available experimen-
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tal data are presented.

Nomenclature

= Jacobian matrix of the flux vector E
= normalized local speed of sound
= Jacobian matrix of the flux vector F
= airfoil chord length
= flux vector in the x direction
= total energy per unit volume
= flux vector in the y direction
= identity matrix
= grid node index along the £ direction
= Jacobian of the numerical transformation
= grid node index along the % direction
= local Mach number
= index for time step
= normalized local pressure
= vector representing the dependent variables
S = vectors containing viscous terms
r 7 = nondimensional time
V= contravariant velocities
= normalized Cartesian velocities
= circumferential velocity of rotating leading edge
= Cartesian physical plane coordinates
= Mach number associated with rotating leading edge
v = ratio of specific heats
A, Vv = forward and backward differencing operators,
respectively
é = central difference operator
0 = local slope of airfoil surface
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£ = computational plane coordinates
0 = normalized local density
Introduction

OUNDARY-LAYER control (BLC) technology has un-

dergone tremendous progress in recent years due to the
focused research efforts in the areas of aerodynamics, struc-
tures, and materials. This major experimental effort has been
made in aerodynamics not only because it has been experimen-
tally convenient, but more importantly because of the very
strong influence boundary-layer separation and transition
have on many aerodynamic characteristics. For example, at-
tached laminar flow over major portions of an aircraft wing
has long been known to have favorable effects in terms of
aerodynamic performance and fuel economy. On the other
hand, it has been observed experimentally!-3 that, at high
angles of attack (e.g., during takeoff or while performing a
sharp maneuver), the flow tends to separate from the upper
surface of the wing, resulting in a significant reduction in the
attainable lift and a considerable increase in the overall drag
of the aircraft. Since the maximum usable lift is an important
ingredient in high angle-of-attack maneuvering for combat
aircraft and in determining the maximum payloads for com-
mercial and rotary wing aircraft, BLC techniques and lift
augmentation devices have been a focus of extensive experi-
mental research over the past 30 years.

To alleviate the problems arising from the separation of the
boundary layer, control methods disrupting the natural mech-
anism(s) leading to separation (e.g., suction* and blowing®)
have been investigated at length and employed in practice with
a varying degree of success. Nevertheless, irrespective of the
BLC method used, the ultimate goal is to delay or perhaps
prevent the separation of the boundary layer from the solid
surface. A vast body of literature pertaining to boundary-layer
control has been reviewed by several authors, including Lach-
mann,® Rosenhead,” Schlichting,® and Chang.’

In this paper, we numerically investigate an alternate ap-
proach, referred to in the literature as the ‘‘moving-wall,’’ to
control or disrupt the natural mechanism(s) leading to the
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separation of the laminar and/or turbulent boundary layers
over an airfoil. In this respect, the aerodynamic forces are
augmented as a consequence of the wall-jet-like effect result-
ing from the motion of a segment of the solid boundary.
Kothari and Anderson!® have shown that, if an airfoil is
placed in a uniform stream at an angle of attack approaching
the static stall angle, then the suction side flowfield will be
primarily dominated by a highly organized vortical-type flow.
Under such conditions, the vorticity shed from the airfoil’s
leading edge manifests itself in a number of primary vortices
situated above the airfoil. To disrupt the formation of such
vortices, it is obvious that vorticity with opposite sign to that
being shed must be introduced at the leading edge. In this
study, the introduced vorticity is being generated through the
motion of a small segment of the solid boundary of the airfoil
(accomplished here by a rotating cylindrical leading edge). The
direction of rotation is from the pressure side of the airfoil to
its suction side. The resulting flowfield is, therefore, a com-
plex one resulting from the strong interaction, in the presence
of a pressure gradient, between the naturally generated lead-
ing-edge vortical flow and the additional vortical flow result-
ing from the motion of the solid surface.

In consideration of the effects of the moving surface on
boundary-layer separation, experiments carried out by a num-
ber of investigators!!~!? concentrated on studying the effects of
the rotating leading edge on the measured aecrodynamic force
and moment coefficients. These experiments, although quan-
titative in nature, provide information about the character and
behavior of the boundary layer only in a ‘‘general’’ sense. The
numerical simulations conducted by Moktarian and Modi,
using the surface singularity approach with viscous correc-
tions, is promising. However, the approach is limited to flows
that do not contain regions of massive boundary-layer separa-
tion and, therefore, is not suitable for the analysis of flows at
angles of attack approaching or exceeding the static stall angle.

To partially address this absence, numerical simulations of
the laminar and/or turbulent flows past modified NACA 0012
and NACA 63-218 airfoils having leading-edge rotation have
been performed (using a modified version of the McDonnell
Douglas Helicopter Company two-dimensional Navier-Stokes
solver DSS2) for a wide range of angles of attack, leading-edge
rotation speeds, and freestream Mach numbers. Here, an ap-
proximate factorization (AF) finite-difference solution proce-
dure is used to numerically integrate the unsteady, two-dimen-
sional, compressible full Reynolds-averaged Navier-Stokes
equations on a body conforming C-type grid. The Baldwin-
Lomax?P two-layer algebraic eddy viscosity model was incor-
porated in the present formulation to model turbulent shear
stresses. In our simulations, transition to turbulence was as-
sumed to occur at the airfoil’s leading edge. This assumption,
as will be seen later, is based on our experimental observations
for the flow past the modified NACA 0015 airfoil. The present
paper addresses the effects of varying the leading-edge circum-
ferential speed, or, equivalently, the strength of the intro-
duced forebody vorticity, on the following: location(s) of the
points of laminar and/or turbulent separation on the airfoil’s
surfaces, the size of the separated flow regions, strength of
shock waves for supercritical freestream Mach numbers, and
the predicted sectional lift forces. For contrast, the results for
the airfoil with leading-edge rotation are compared to those
for the same airfoil without leading-edge rotation. Quantita-
tive and qualitative comparisons with experimental results and
smoke wire flow visualization results are also presented.

Mathematical Formulation
We consider two-dimensional unsteady compressible flow
of a perfect gas. The flowfield is determined by the solution of
the full Reynolds-averaged Navier-Stokes equations. In nondi-
mensional conservation vector form, they may be written as

3,q + 9,E + 8,F = Re "\(3,R +8,S) (1)
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In Egs. (2), the density p and velocity components u, v are
normalized by the freestream density and speed of sound,
respectively; the length scales x, y by the airfoil chord length c;
time ¢ by the ratio of the freestream speed of sound to the
chord; and the total energy per unit volume e by the dynamic
pressure based on the freestream speed of sound. In Eq. (1),
Re is the Reynolds number (based on the airfoil’s chord
length, the freestream speed of sound and density), and, in
Eqgs. (3), Pris the Prandt! number. Under Stokes hypothesis,
the bulk viscosity N is taken as —(2/3)u. For a calorically
perfect gas, the equation of state may be written in nondimen-
sional form as

p=(— Dle — 050>+ v?) 1G]
Moreover, the local speed of sound « is given by

at=ypp~'

or, after utilizing Eq. (4), as
a*=y(y — Dle/p — 0.5(u> + v ©)

To properly represent the physical domain of interest, and
to facilitate the application of the physical slip and no-slip
boundary conditions on the different segments of the airfoil’s
surface, it is important that the airfoil’s surface coincide with
one of the coordinate family of lines. In this respect, a body-
fitted nonorthogonal coordinate system, referred to here as
the £-y coordinate system, was utilized in the present formula-
tion of the problem. The body-fitted grid was generated using
an algebraic procedure!” that results in a sheared parabolic
C-type grid (see Figs. 1 and 2). To resolve the details of the
flow in the developing boundary layer, an exponential stretch-
ing was used in the » direction, yielding a minimum normal
grid spacing of 0.00005¢ between the surface grid points and
the grid points in the flowfield just off the surface of the
airfoil. This normal spacing, equivalent to a nondimensional
law-of-the-wall coordinate y * =4, has been shown to yield
accurate results!>!6 when used in conjunction with the Bald-
win-Lomax turbulence model.

The results reported here were obtained on a grid having 157
nodes in the wrap-around direction with 97 nodes on the
surface of the airfoil, and 58 nodes in the normal direction
with approximately 25 points submerged in the developing
boundary layer. The outer far-field boundary was located at a
distance approximately 8.5¢ away from the surface. With £
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Fig. 1 Physical domain of interest in the present flowfield simula-
tions.

and » as new independent variables, we recast Eq. (1) in the
strongly conservative form given by

8,q +3;E+3,F=Re Y0:R + 9,5 (6)

Here,
a=J"'q (72)
E=J"'¢E +&F) (7b)
F=J"Yu,E + 4,F) (7¢)
R=J (R +£,5) (7d)
S=J" 1R +n,5) (7¢)

In Egs. (7), J is the Jacobian of the algebraic coordinate
transformation, viz.,

_a)
3.

U, V are the contravariant velocities given by

J

=X Vg — X

U=&tu +§&yv
V=nu +n,v

and &, 1y, &,, n, are the metrics of the coordinate transforma-
tion. For convenience, the grid increments A£, Ay are set equal
to 1 in the rectangular computational plane.

Numerical Algorithm

Equation (6) is discretized in time using two-point backward
first-order differencing and in space using three-point second-
order central differencing, i.e.,

8,q + A8 E" ' + 8, F"* 1y = AtRe "', R"* 1 + 8,87+ 1) (8)

Equation (8) is nonlinear, since the flux terms E and F are
functions of the dependent variable g. Application of a Taylor
series expansion to these terms results in the following lin-
earized expressions for E and F at the new time level (n + 1),
viz.,

En+i = E" + A"AQ" (9a)
Frnel = Fr 4 BrAg (9b)

Here, A" = (8,E)", B" = (3,F)", and Ag represent the change
in the dependent variables (p, pu, pv, e) at two successive time
steps n, n + 1. In Egs. (9), A and B are commonly referred to
as the Jacobian matrices of the flux vectors E, F. Rewriting
Eq. (8), after utilizing the expressions given in Egs. (9), and
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Fig.2 Computational domain image of the physical domain de-
picted in Fig. 1.

rearranging, we obtain the following system of linear equa-
tions for Ag:

[+ Ar(6; A" + 8,BM]AG" = — AT(6:E" + &, + F™)
+ ATRe (5, R" + 5,87) (10

As mentioned earlier, an approximate factorization scheme!'®
was used in the present formulation to approximate the two-
dimensional spatial differential operator appearing on the left-
hand side of Eq. (10) as the product of two one-dimensional
spatial operators in the &, 5 directions, respectively, i.e.,

[ + A7, A" + A76,B"AG" = — Ar(8.E" + 8,F")
+ ATRe 1§, R" + 5,5") — (AT)?6, A"5,B"AG" an

In Eq. (11), we further simplify the right side by neglecting the
third term, which is of O(A7)?, as compared to the first and
second terms, which are O(A7). As a result, Eq. (11) can be
written as

[l + Aro. A™MII + A76,B"Ag" = A7[RHS]Y" (12)
where
[RHS]" = AT[Re‘l(BER" + 6,,3") - (BEE" + BWF”)] (13)

The solutions to Eq. (12) are then obtained using a two-step
process through the introduction of an intermediate solution
vector AT. Let

AT = [I + A76,B"]AG" (14)
Then Eq. (12) can be expressed as
[[ + A76,A"|AT = A7[RHS]" 1s)

Application of Egs. (14) and (15) at grid nodes inside the
computational domain result in a matrix system with a block
tridiagonal structure (having 4 X 4 coefficient matrices),
which is solved efficiently using a lower-upper (LU) matrix
decomposition procedure. Assuming that the dependent vari-
ables are known at time level n (or, equivalently, the correc-
tions or delta quantities), the solution then proceeds by first
solving Eq. (15) for AT, then Eq. (14) for Ag. For steady-state
solutions, Eqgs. (14) and (15) are advanced in time at each grid
node using a time step Ar that is a function of the local
transformation Jacobian,!? i.e.,

1

AT TAVIG D
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To prevent the odd-even point decoupling that results from
the use of central difference operators on the left-hand side of
Eq. (12), and to suppress the appearance of spurious solution
oscillations in the vicinity of shock waves and stagnation
points, second- and fourth-order dissipation terms are added
to these equations. More precisely, implicit second-order dissi-
pation terms in the £, n directions!® are added to the left-hand
side of Eg. (12), and a blend of ‘‘adaptive’’ second- and
fourth-order explicit dissipation terms, in the manner sug-
gested by Jameson et al.,?® are added to the right-hand side of
Eq. (12), viz.,

I + A6 A" + Dy U + A76,B” + €Dy ]AG"
= A7[(RHS)" — €gDgl (16)

In Eq. (16), the second-order dissipation operators are ex-
pressed as

Dy —J_I(VEAEJ)

£

Dy = —J " V,A0)

and the explicit dissipation terms are expressed as
Dp = — VE[J‘I(E,ZjAEq” - E;FJ'AE VEAEQH)] - EE(V,,A”)Q"

As seen, the added dissipation terms are usually of a higher
order, i.e., on the order of A4, An* and as such do not affect
the formal second-order spatial accuracy of the numerical
solutions. The coefficients €, ¢} are adaptive coefficients that
depend on the local pressure gradient determined using a
‘‘sensing”’ function g;:

_ IP[+1“2Pi+P[,1|
Py + 2P + P;_

9y

For example, near shock waves, the influence of the second-
order explicit dissipation terms will be more dominant, as
compared to the fourth-order dissipation terms. Near the lead-
ing edge, the opposite is true, with the fourth-order dissipation
terms becoming more dominant. In Eq. (16), the constants ¢,
¢ are used to control the amount of dissipation introduced in
the solution. Note that ez is usually on the order of 1, and ¢
is typically 2-5 times larger. The numerical values of these
coefficients are directly related to the freestream Mach num-
ber being considered. It should be mentioned here that the
primary function of the implicit dissipation terms, when used
in conjunction with explicit fourth-order dissipation, is to
allow for the use of a larger time step and to increase the
diagonal dominance of the coefficient matrices appearing on
the left-hand side of Eq. (16). The reader is referred to Refs.
21-23 for additional results depicting the suitability and accu-
racy of the present dissipation model in the prediction of
viscous transonic flows and unsteady separated flows.

Boundary Conditions

Referring to Figs. 1 and 2, we notice that the present time-
dependent formulation requires boundary conditions to be
specified along the coordinate lines £max, £mins Mmaxs Mmin, and
initial conditions (chosen to be those of the freestream) at
grid nodes within the computational domain. In our solution
approach, explicit boundary conditions are specified; that is,
the delta quantities A7, Ag (or the flowfield corrections) are
set to zero during the advancement of the solution by one time
step. The flowfield variables, as well as some flow variables at
the boundaries, are then computed as explained below.

Airfoil Surface (Boundary B-C-D-E-F)

On the stationary segments B-C, E-F of the airfoil, the
no-slip boundary condition was enforced by setting the v and
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v components of the velocity vector V, or, equivalently, the
contravariant velocities U, V'to zero. For the moving segments
C-D, D-E located in the vicinity of the leading edge, we
introduce the nondimensional parameter 3, defined as the
ratio between the constant circumferential velocity of the
cylindrical leading edge W divided by the freestream speed of
sound. In this respect, 8 may also be considered as a Mach
number associated with the leading-edge moving segments. In
the present formulation, slip boundary conditions were pre-
scribed on the segments C-D, D-E of the computational do-
main boundary 7 = Yyin, 1.€.,

W-e=0

Here, e is the outward local unit vector in the direction normal
to the moving leading-edge segments. The velocity compo-
nents associated with the grid points lying along C-D, D-E are
thus given by

u = W cos(d), v = W sin(6)
with 6 being the local slope at grid nodes on the moving
cylindrical leading edge. For all ‘‘stationary’’ surface grid
points, the density p and pressure p were computed using the
following three-point difference expressions:

p(i, 1) = 20(1,2) - p(i, 3)
p(,1)=[4p(,2) — p(i, 3))/3

The first expression implies that the density at the surface is
extrapolated using the density values at the two grid nodes just
off the surface. The second-difference expression for the sur-
face pressure is an approximation for a vanishing pressure
gradient on the stationary solid wall. At all grid locations lying
on the rotating portion of the leading edge, the two momen-
tum equations were evaluated at the surface of the airfoil
using limiting expressions. In this respect, normal pressure
variations due to centrifugal effects were accounted for. In
our calculations, an adiabatic wall condition was assumed at
all grid nodes on the airfoil’s surface. The surface total energy
was determined using Egs. (4) and (5), once the surface pres-
sure and density were computed.

Wake Branch Cut (Segments A-B, F-G)

Continuity of the physical flow properties across the branch
cut A-B, F-G requires that

qEA=E=Ep Mmin) = ¢ = £ = £G, Nin)

In the present formulation, this condition was satisfied by
averaging linear extrapolates of the computed flowfield vari-
ables from above and below the branch cut.

Far-Field Boundary (G-H-I-A)

We take advantage of the characteristic features of a sub-
sonic inflow and/or outflow boundary.?* At the computa-
tional domain boundary representing the inflow boundary of
the far field, i.e., 5 = gy, in Fig. 2, the characteristics of the
inviscid Euler equations [i.e., Eq. (1) after neglecting the
right-hand side] a priori determine the number and type of
variable(s) (e.g., p, u, v, etc.) that can be specified at this
boundary. The remaining variables are then determined ex-
plicitly through extrapolations from the inner domain solu-
tions, and are thus determined as part of the numerical solu-
tion. At the downstream boundary (i.e., £ = £y £ = Emax)s
the density p and velocity components u, v are extrapolated
from the interior. The pressure p is held fixed at the freestream
pressure, and the total energy/unit volume e is computed
using Eq. (4).
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Experimental Facility

The smoke wire flow visualization experiments were per-
formed in an open circuit indraft-type wind tunnel having a
rectangular test section (0.0875 m width X 0.25 m height).
The tunnel is capable of producing air speeds in the range of
0.25-6.5 m/s, but was typically operated at 1-2 ms. At the
maximum speed, the fluctuations in the mean flow were on the
order of 1.5%, and turbulence levels (&/ U,) were on the order
of 1.5-2% close to the walls. A bell mouth with an area
contraction ratio of 56:1 was placed at the entrance to the test
section. This was followed by two sections containing an
antiturbulence honeycomb screen (length/diameter ratio =
10.7, 95.7% porosity) and drinking straws to straighten and
smooth out the flow prior to reaching the test section. The
combination of antiturbulence screen, flow straightener, and
large inlet contraction provides a uniform velocity profile with
a turbulence intensity of 0.5% in the tunnel test section at an
air speed of 1.65 m/s. The test section is designed with a large

PRESSURE COEFFICIENT Cp
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Fig. 3 Predicted surface pressure distributions for the flow past the
modified NACA 0012 airfoil (Eminf = 0.283, Re = 3.45 X 105, a = 5
deg, transition at x/c = 0.0).
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Fig. 4 Predicted locations of the upper surface turbulent separation
points as a function of the leading-edge rotational speed for the
modified NACA 0012 airfoil (Re = 3.45 x 109).
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plexiglass window in the top for easy access to the model and
plexiglass sides to provide for adequate illumination and view-
ing for visualization studies. Following the test section, the
flow was expanded in a diffuser. The tunnel was powered by
a 5.6 kW motor operating a centrifugal blower at the down-
stream end of the diffuser section.

Spanning the test section is the wing model (NACA 0015
section), having a 0.175 m chord with a 0.0275 m maximum
thickness. The model was sprayed with flat-black paint to
minimize light reflections from its smooth surface. At 5-deg
angle of attack, the blockage ratio in the test section is 0.1125.
A rotating cylinder (radius = 5 mm) representing the leading
edge of the test model was selected to match the average
curvature of the leading edge of the basic NACA 0015 section.
To allow the cylinder to rotate freely, a gap of 0.5 mm in
width was left between the rotating cylinder and the remaining
stationary part of the wing. Different angular speeds were
directly imparted to the model’s leading edge using a variable
speed motor (5,000-28,000 rpm) and high-speed still photog-
raphy (10 frames/s) was utilized to capture the details of the
flowfield. A 0.09-mm-diam Nichrome smoke wire was placed
30 mm ahead of the model’s leading edge, perpendicular to the
axis of rotation at midspan point. In the experiments, a time
delay circuit similar to that utilized by Batill and Mueller®> was
utilized to trigger the high-speed camera approximately one
tenth of a second before the smoke wire circuit was activated.

Results and Discussion

The parameter of prime importance in the present study is
the nondimensional leading-edge parameter 3. It should be
emphasized here that an increase in the magnitude of 8 would
imply a direct increase in the strength of the FBIV (or, alterna-
tively, an increase in the introduced leading-edge momentum)
and vice versa.

Figure 3 depicts the effect of varying 8 on the computed
surface pressure distributions for the modified NACA 0012
airfoil at a freestream Mach number of 0.283, an angle of
attack o of 5 deg, and a chord Reynolds number of 3.45 x 10,
For contrast, the results for the original airfoil (i.e., 8 = 0) are
also shown. In these simulations, transition to turbulent flow
was assumed to occur at the airfoil’s leading edge. As seen, the
leading-edge wall-jet-like effect results in an increase (in a
negative sense) in the predicted leading-edge suction pressure

PRESSURE COEFFICIENT Cp

¥ 0.25 0.50 0.75 1
CHORDWISE DISTANCE (X/C)
Fig. 5 Predicted surface pressure distributions for the flow past the

modified NACA 0012 airfoil (Eminf = 0.70, Re = 3.45 x 105, o = 10
deg, transition at x/¢ = 0).
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Fig. 6 Streamline patterns, constant vorticity contours, and isobars
for the flow past the modified NACA 0012 airfoil having leading-edge
rotation (Eminf = 0.70, Re = 3.45 X 105, o = 10 deg, 8 = 0.5, transi-
tion at x/¢ = 0).

peaks. Moreover, the increase in the magnitude of this peak
seems to increase in direct proportion to the increase in the
leading-edge parameter 3. The variation in the locations of the
predicted upper surface turbulent separation points as a func-
tion of B is illustrated in Fig. 4. Note that for a freestream
Mach number of 0.283 and an angle of attack of § deg,
complete reattachment of the turbulent boundary layer takes
place for values of {3 larger than 0.335. For the same
freestream Mach number and an angle of attack of 7 deg,
complete reattachment occurs for values of 8 larger than 0.42.
Numerical results have further indicated that, for values of 8
larger than 0.335 and 0.42, only an increase in the predicted
sectional lift was observed. This is, of course, a direct conse-
quence of the increase in the leading-edge suction pressure
peaks.

The predicted surface pressure distributions as a function of
8 for a freestream Mach number of 0.70, a chord Reynolds
number of 3.45 x 10%, and an angle of attack of 10 deg for the
modified NACA 0012 airfoil section are illustrated in Fig. 5.
In this particular example, the wall-jet-like effect results in an
increase in the local Mach number of the accelerating flow in
the vicinity of the leading edge. As a result, a leading-edge
shock is formed. Numerical results have indicated a direct
increase in the strength of the leading-edge shock and the size
of the small supercritical flow region in the vicinity of the
rotating leading edge with further increase in the parameter .
Observe in Fig. 5 that the leading-edge shocks are slightly
displaced downstream towards the trailing edge with the in-
crease in 8. The shock-induced separation points (coinciding
with the locations of the leading-edge shocks) are also being
displaced towards the trailing edge (see Fig. 4). It is notewor-
thy to mention that, in our attempts to propagate the leading-
edge shocks towards the trailing edge, no values of the
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Fig. 7 Predicted near-field velocity vector plots as a function of the
leading-edge rotational speed for the flow past the modified NACA
0012 airfoil (Eminf = 0.5, Re = 8 X 104, « = 0 deg, laminar flow).

parameter 8 were found to be sufficient to change the overall
structure of the flowfield beyond the point of turbulent sepa-
ration. Moreover, a rapid increase in the predicted drag was
noticed with the slight increase in the predicted lift. In Fig. 6,
we illustrate the predicted streamline patterns, constant vortic-
ity contours, and isobars, respectively, for the flow past the
modified NACA 0012 airfoil with leading-edge rotation
(3 =0.5).

The predicted near fields as a function of the leading-edge
parameter 3 for the laminar flow past the modified NACA
0012 airfoil at a freestream Mach number of 0.5, chord
Reynolds number of 8 x 10%, and angles of attack 0, 10, 15,
and 25 deg are illustrated in Figs. 7-10, respectively. With the
increase in the magnitude of 3, the velocity vector plots depict
considerably different flowfield features for the various angles
of attack considered. For low to moderate angles of attack
(i.e., varying in the range 0-10 deg), we notice the following
with the increase in the parameter 3: 1) the migration of the
upper surface separation point towards the trailing edge until
a value of 8 is reached where full reattachment occurs, and 2)
a reduction in the height of the upper surface laminar separa-
tion flow region followed by a ‘‘squeezing’’ effect, for higher
values of 3, of the upper surface concentrated vortical flow
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Fig. 8 Predicted near-field velocity vector plots for the flow past the modified NACA 0012 airfoil (Eminf = 0.50, Re =8 x 104, o = 10 deg,

laminar).

Fig. 9 Predicted near-field velocity vector plots for th
laminar).
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Fig. 10 Predicted near-field velocity vector plots for the flow past the modified NACA 0012 airfoil (Eminf = 0.50, Re = 8 x 104, a = 20 deg,

laminar).
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towards the trailing edge and eventually into the wake region.
On the other hand, for the high angles of attack considered
(i.e., those higher than 10 deg), we notice that only a thin layer
of fluid, whose extent along the surface depends largely on the
magnitude of the parameter 3, remains attached to the surface
of the airfoil. It should be noted that complete reattachment
of the boundary layer in the ‘‘familiar’® sense was not
achieved for all the values of B considered in this study.
However, a slight reduction in the height of the separated free
shear layer was obtained with the increase in the magnitude of
8. These observations also agree with those made by Ref. 26
using an explicit solution procedure of the laminar Navier-
Stokes equations.

The smoke wire flow visualization results for the flow past
a modified NACA 0015 airfoil (chord Reynolds number of
9.7 x 10* and angle of attack of 5 deg) having leading-edge
rotation are depicted in Figs. 11 and 12. In this section, we
redefine the leading-edge parameter 8 as the ratio of the
circumferential velocity of the rotating leading edge to the
freestream velocity (instead of the freestream speed of sound,
as we have done previously in our compressible flow numeri-
cal simulations). Figure 11 illustrates the variation of the size

Fig. 11 Smoke wire flow patterns representing the changes in the
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of the upper surface separation flow region as a function of
the leading-edge parameter 8. The trailing-edge position can
be easily identified in the photographs by the light reflected
off its upper surface. In Fig. 1lc, notice that the laminar
boundary layer has undergone transition at a position that
approximately coincides with that of the gap between the
rotating leading edge and the remainder of the airfoil. This
observation prompted the choice of the leading-edge position
to be that where laminar-turbulent transition was enforced
when conducting the turbulent flow numerical simulations.
Figure 11c illustrates the complete reattachment of the turbu-
lent boundary layer for a value of 8 equal to 6.06. The result-
ing flowfield henceforth became independent of 8, and its
main features remained unaltered with any further increase in
the leading-edge parameter. In Fig. 12, we illustrate the
streamline patterns in the immediate vicinity of the rotating
leading edge as a function of 8. Clearly, Fig. 12c depicts a
more pronounced leading-edge suction region, as compared to
those in Figs. 12a and 12b, merely by considering the number
of streamlines drawn towards the upper surface as a function
of 8. This observation is quite in agreement with our predic-
tions of the leading-edge suction pressure peaks. It is impor-
tant to mention here that what seem to be streamlines emanat-
ing from the surface of the airfoil in Fig. 12¢ are actually
streamlines that have been drawn too close to the rotating
leading edge and have not been clearly resolved in the pho-
tograph due to inadequate lighting.

A comparison between the predicted and measured!® sec-
tional lift coefficients for the turbulent flow past a modified

Fig. 12 Smoke wire flow patterns in the vicinity of the leading edge
of the modified NACA 0015 airfoil (Re = 9.7 X 10%, a = 5 deg).
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structure of the originally laminar boundary layer as a function of the
leading-edge circumferential speed for the flow past a modified
NACA 0015 airfoil (Re = 9.7 x 104, « = 5 deg).

Fig. 13 A comparison between the predicted and measured sectional
lift characteristics for a modified NACA 63-218 airfoil (Eminf = 0.10,
Re = 2.9 x 108, transition at x/¢ = 0.0).
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NACA 63-218 airfoil having leading-edge rotation is given in
Fig. 13. .

At this juncture, it is important to mention that, in conduct-
ing our numerical simulations, experimentation with the num-
ber of grid points at which slip boundary conditions were
specified was necessary to obtain an acceptable correlation
with the experimental data. For example, whereas the use of a
few number of grid nodes resulted in the underprediction of
the lift forces, a large number of grid nodes, on the other
hand, usually resulted in an overprediction of the lift forces.
This experimentation was primarily due to the incomplete
geometric construction details for the tested model, specifi-
cally for the leading-edge region. As seen, very good correla-
tion with the data is obtained for the three values of 8 consid-
ered. The choice of the full Reynolds-averaged Navier-Stokes
formulation to conduct the present simulations was also neces-
sary to predict the flowfield features at angles of attack ap-
proaching and exceeding the static stall angle of the airfoil.

Conclusions

An analysis has been presented for computing the flowfield
past airfoils having leading-edge rotation in both subcritical
and supercritical onset flows. For the subcritical flows consid-
ered, the wall-jet-like effects produced by the rotating leading
edge resulted in a reduction in the size or the complete elimina-
tion of the upper surface separated flow region. As a result, an
increase in the sectional lift forces could be achieved with such
a leading-edge device. However, the gained benefits resulting
from the introduction of vorticity in the leading-edge region
tend to decrease with the continuous increase in the flow angle
of attack. For supercritical flows, the early formation of a
leading-edge shock wave inhibits the beneficiary effects of the
additional momentum introduced into the boundary layer
through the rotating leading edge. Despite the slight increase
in the predicted sectional lift forces, the accompanying rapid
increase in the drag forces does not warrant the use of this
device as means to control the boundary layer at supercritical
or perhaps critical onset flow conditions. The computed sub-
critical onset flow results compared well with the qualitative
(overall flowfield features) and quantitative (lift data) experi-
mental data available. Extensions to the present work will
include a study of the effects of FBIV on the development of
the flow past an airfoil undergoing unsteady pitch oscillations.
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